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ABSTRACT 
The dynamic stall of pitching airfoils 
is investigated by the numerical solution 
of the full compressible unsteady two- 
dimensional Navier-Stokes equations using 
an alternating-direction-implicit scheme. 
The flow is assumed to be fully turbulent, 
and the turbulent stresses are modelled by 
the Baldwin-Lomax eddy viscosity model. The 
objective of this study is to investigate 
the influence of the leading edge geometry 
on unsteady flow separation. For this 
purpose three airfoils are analyzed, name- 
ly, the NACA 0012 baseline airfoil, the 
NACA 0012-63 having the same leading edge 
radius but different contouring forward of 
maximum thickness, and the NACA 0012-33 
having a smaller leading edge radius. It is 
found that a larger leading edge radius, 
thicker contouring of the forward part of 
the airfoil, or increasing pitch rate 
results in delaying flow separation and 
formation of the dynamic stall vortex to a 
higher angle of attack, yielding a higher 
peak lift coefficient. Within the scope of 
this study, incipient flow reversal was 
found to occur in response to essentially 
the same critical pressure gradient distri- 
bution for different pitch rates and Mach 
numbers. 
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The aerodynamic effect of rapidly pitching 
or oscillating an airfoil beyond its 
steady-state stall angle has been studied 
by numerous investigators over the past 
thirty years. McCroskey [l] documented the 
effects of reduced frequency, amplitude and 
Mach number on different airfoils. McCros- 
key and Pucci 121 identified varying re- 
gimes of viscous-inviscid interaction 
during varying degrees of unsteady flow 
separation. The conclusion of the experi- 
mental studies of Refs. 1 and 2 was that 
the reduced frequency has a dominant effect 
on the development and progression of the 
dynamic stall. More recently, Lorber and 
Carta [ 3 1  performed unsteady stall penetra- 
tion experiments on a Sikorsky SSC-A09 
airfoil at hiah Revnolds number. Chandrnne- - . . ~  
khara and CaGr [4j performed flow visual- 
ization studies on a NACA 0012 airfoil 
which showed that the dynamic stall vortex 
always formed n@ar the leading edge. Chan- 
drasekhara and Brydges [5] documented the 
effects of increasing amplitude on an 
oscillating airfoil in both compressible 
and incompressible flow and showed that 
larger amplitudes resulted in vortex reten- 
tion at higher angles of attack for a given 
Mach number and seduced frequency. Chandra- 
sekhara and C a m  161 also performed schlie- 
ren visualization studies of the compress- 
ibility effects on dynamic stall of air- 
foils in transient pitching motion and, 
most recently, Carr, chandrasekhara, Ahmed, 
and Brock [71  applied real time interferom- 
etry to the visualization of dynamic stall 
on oscillating airfoils. 
The most recent review of progress in 
the analysis and prediction of dynamic 
stall is due to Carr [SI. The advances in 
computational fluid dynamics have made it 
possible to study dynamic stall by numeri- 
cal solution of the unsteady Navier-Stokes 
equations. Mehta [ 9 ]  was the first to 























































of the unsteady incompressible flow around 
the airfoil in oscillatory motion can 
reproduce the experimentally observed 
results. Wu et al. [IO] presented solut+on 
procedures based on an integral formulation 
of the incompressible Navier-Stokes equa- 
tions for the computation of unsteady flow 
over airfoils. Sankar and Tang [lll, Visbal 
[12, 131, and Ekaterinaris [14] used the 
implicit central difference approximate 
factorization algorithm of Beam and Warming 
[15] to solve the full compressible Nav- 
ier-Stokes equations for either fully 
laminar or fully turbulent flow. Rumsey and 
Anderson [16] developed an upwind-biased 
approximate factorization algorithm for the 
compressible thin-layer Navier-Stokes 
equations and analyzed dynamic stall on the 
NACA 0012 and NACA 0015 airfoils. These 
solutions showed reasonable agreement with 
the available experimental results. 
The present work is based upon the 
implicit approximate factorization Beam- 
Warming solution method of the compressible 
Navier-Stokes equations. Jang, Ekaterinar- 
is, Platzer, and Cebeci [17] applied this 
method to the computation of the unsteady 
boundary layers on a rapidly pitching NACA 
0012 airfoil and found good agreement with 
viscous-inviscid interaction calculations 
up to the onset of flow separation. Also, 
good agreement was found with the unsteady 
pressure measurements of Landon [la]. 
Therefore, it was felt that the method 
should be used to perform systematic inves- 
tigations of the unsteady flow separation 
process and of the sensitivity of this 
process to non-dimensional pitch rate, Mach 
number, and leading-edge geometry changes. 
For this purpose the separation behavior of 
two modified NACA 0012 airfoils in a high 
Reynolds number flow of 4 million was 
computed and compared with the basic 0012 
airfoil. The NACA 0012-63 airfoil has the 
same leading edge radius as the 0012 base- 
line airfoil, but thicker contouring for- 
ward of the point of maximum thickness. The 
NACA 0012-33 airfoil has a smaller leading 
edge radius thus giving it thinner con- 
touring forward of the point of maximum 
thickness. 
NUMERICAL IMPLEMENTATION 
The non-dimensional form'of the govern- 
ing equations can be expressed as 
a5 a F  a5 1 aK a 5  - + - + _  = - ( - + - )  
at ax JY Re ax ay 
where is the non-dimensional variable 
vector, and F are the inviscid flux 
terms, and x and are the viscous fluxes 
in the x- and y- directions, respectively. 
The numerical method used for the solution 
of the governing equations was a finite 
difference scheme based on the Beam-Warning 
algorithm. The approximate factorized form 
of the numerical algorithm including im- 
plicit and explicit dissipation terms is 
can be found in [21]. 
A 157 x 58 point C-type grid was used for - 
the numerical solution. Figure 1 displays 
the local grid for the NACA 0012-63 air- 
foil. The inflow-outflow boundaries were 
placed approximately eight chord lengths 
away from the airfoil surface. Free stream 
flow conditions were specified at the 
inflow boudary, and simple extrapolation 
was used for the outflow boundaries. Un- 
steady pitching motion was accomplished by 
rotating the grid about the quarter-chord 
point at the desired pitch rate. The flow 
was assumed to be fully turbulent at a 
Reynols number of 4 million and the Bald- 
win-Lomax turbulence model was used. 
documented in r14.171. Additional details W 
\ 
SAMPLE RESULTS AND DISCUS810N 
A. LIFT BEHAVIOR 
The three previously mentioned air- 
foils were pitched from a steady flow 
condition at Q=O to (r=30' at two different 
non-dimensional pitchup rates kz.01 and 
k=.02 at two free-stream Mach numbers M=.3 
and M=.4. The non-dimensional pitch rate k 
is defined as k=&c/U, where c is the air- 
foil chord and U is the free-stream veloci- 
ty. The predicted lift behavior for the two \ J 
non-dimensional pitch rates of 0.01 and 
0.02 is shown in Figures 2 and 3, respec- L 
tively. The baseline NACA 0012 airfoil 
slightly outperformed the NACA 0012-63 in 
all cases in that a slightly higher peak 
lift coefficient was obtained at a higher 
angle of attack. The difference in perfor- 
mance may be attributed to the contouring 
of the forward part of the airfoil since 
both airfoils have the same leading edge 
radius. The 0012 and the 0012-63 airfoils 
significantly outperformed the NACA 0012-33 
which has a smaller leading edge radius. 
Enlarged leading edge radius plays a pri- 
mary role in determining the angle of 
attack at which the boundary layer at the 
leading edge separates and rolls up to form 
the dynamic stall vortex. For a given flow 
condition, the adverse pressure gradient 
causing flow reversal occurs at a smaller 
angle of attack on the airfoil with smaller 
leading edge radius. Of secondary impor- 
tance is the contouring of the forward part 
of the airfoil in alleviating development 
of the adverse pressure gradient. The 
effect of contouring is indicated by the 
small difference in lift behavior between 
the NACA 0012 and the NACA 0012-63 air- 
foils. 
v E. FLOW DEVELOPMENT 
As angle of attack is increased beyond 
a certain value depending on pitching rate, 






















































small reverse flow region develops on the 
upper surface aft of the suction peak and 
forward of the trailing edge due to adverse 
pressure gradients encountered. A vortex 
forms on the upper surface aft of the 
leading edge as a result of the combination 
of the accelerated flow near the suction 
peak and the reverse flow in the boundary 
layer just aft of the suction peak. The 
vortex starts from a separated flow bubble 
and rapidly grows in size to form the 
characteristic dynamic stall vortical 
structure as angle of attack increases. 
Figure 4 shows the development of the 
vorticity field for the Naca 0012-63 air- 
foil at M=0.4, 1( =O.OI, during pitchup. The 
development of vorticity from the smooth 
attached flow condition at 14" angle of 
attack to the well-developed vortical flow 
condition just prior to peak lift coeffi- 
cient at 21' angle of attack can be ob- 
served. As the angle of attack increases, 
the primary vortex grows in size, weakens 
in intensity as it moves downstream, and 
secondary and tertiary vortices form. 
C. ONSET OF FLOW REVERSAL 
v 
v 
A special effort was made to clarify 
the mechanism leading to the onset of flow 
reversal. To this end the pressure dis- 
tributions causing reversal onset were 
examined in more detail for the three 
airfoils. Figure 5 shows the streamwise 
suction surface pressure gradient distribu- 
tions (non-dimensionalized with the free- 
stream pressure) at the condition of incip- 
ient flow reversal for the NACA 0012-63 
airfoil at different Mach numbers and pitch 
rates. It can be seen that incipient flow 
reversal always occurs in response to 
essentially the same pressure gradient 
distribution. Due to the increasing time 
lag in pressure build-up with increasing 
pitch rate the angle of attack for incipi- 
ent flow reversal increases with increasing 
pitch rate, while it decreases with in- 
creasing Mach number. Figures 6 and 7 show 
the same mechanism for the NACA 0012-33 
airfoil and the baseline NACA 0012 airfoil. 
The flow details in the region of incipient 
flow reversal are shown in Figures 8 
through 10. It can be seen that supersonic 
flow develops in every case prior to flow 
reversal for the cases studied and that 
flow reversal begins at the location of 
recompression to subsonic flow. 
D. OBSERVATIONS ON THE RESPONSE TIMES 
L' 
Following the argumentation of Hancock 
and Mabey [19] it is instructive to intro- 
duce the aerodynamic time as the proper 
reference unit. This is the time it takes 
for a particle in the free-stream to travel 
the distance of one chord length, hence t = 
c/u. For the airfoil with a chord length of 
7.62 cm and the test conditions used by 
Chandrasekhara and Carr [6] the aerodynamic 
time then varies from 0.00115 sec at M=0.2 - to 0 . 0 0 0 5  sec at M=0.45. Wagner's lift 
response to a step change in angle of 
attack [20] shows that it takes about 50 
aerodynamic times to reach 99% of the 
steady-state lift. This then is the aerody- 
namic rise time for a two-dimensional 
airfoil in low subsonic flow. On the other 
hand, Chandrasekhara and Carr [6] used a 
ramp rise time which varied from about 0.05 
sec at M=O.2 to 0.02 sec at M=0.45. A 
quasi-steady response is defined as a 
response which follows closely the input. 
Therefore, a quasi-steady response occurs 
when the ramp rise time is greater than the 
aerodynamic rise time. It can be seen that 
the ramp rise times are only slightly 
smaller than the aerodynamic rise times at 
the various Mach numbers and hence Chandra- 
sekhara and Carr's test conditions are 
essentially quasi-steady test conditions. 
A similar examination of Lorber and 
Carta's [3] test conditions produces 
aerodynamic times of 0.0067 sec for M=0.2 
and 0.0033 sec for M=0.4. Therefore the 
aerodynamic rise times are 0.335 sec for 
M=0.2 and 0.165 sec for M=0.4. The shortest 
ramp rise time for M=0.2, on the other 
hand, is 0.087 sec. Hence significantly 
stronger unsteady effects should be expect- 
ed in Lorber & Carta's tests. Therefore it 
can be concluded that non-dimensional pitch 
rates up to 0.02 produce essentially quasi- 
steady responses. 
In the previous paragraphs the inviscid 
response characteristics of two-dimensional 
airfoils in subsonic flow were assessed. It 
remains to discuss the step response char- 
acteristics of boundary layers. Again, 
referring to Hancock and Mabey [19], it can 
be shown that the boundary layer rise time 
is of the order of the aerodynamic time and 
hence is significantly smaller than the 
inviscid response times. Therefore the 
observed flow reversal delay in dynamic 
stall tests is due primarily to the lag in 
the inviscid pressure build-up. This sug- 
gests that the quasi-steady boundary layer 
response will be similar to the steady- 
state response. Indeed, the fact that for a 
given airfoil flow reversal occurs in 
response to the same critical pressure 
gradient distribution for varying Mach 
number and pitch rate seems to confirm this 
conclusion. It also suggests that the 
prediction of flow reversal in the boundary 
layer and subsequent separation onset 
should be achievable by means of an un- 
steady inviscid analysis in combination 
with a steady boundary layer analysis. at 
present, such a conclusion is based on 
fully turbulent flow calculations and on 
limited variations of geometry, Mach num- 
ber, and pitch rate. In a recent analysis 
of the onset of dynamic stall Currier and 
Fung [22] have pointed out the sensitivity 
to transition location and to locally 
supersonic flow. In their calculations 
abrupt transition was assumed. Walker et a1 
[23] found that in lower Reynolds number 
flows the length of the separation bubble 
critically depends on the location of 
transition onset and on the length of the 
transition region. work is currently in 
progress to incorporate transition calcula- 
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F i g u r e  1 NACA 0012-63 LOCAL GRID 
Ramp pitch-up from 0 to 30 deg, M=0.3, Re=4*10**6, k=0.01 























































Ramp pitch-up from 0 to 30 deg, M=0.3, Re=4*10**6, k=0.02 
Ramp pitch-up from 0 to 30 deg, M=0.4, Re=4*10**6, k=0.01 
. . . . . . . .. . .. . . . . , . . . 
0 5 10 15 20 25 
Angle of Attack, deg. 


























































Ramp pitch-up from 0 to 30 deg, M=0.4, Re=4*10**6, k=0.02 
0 5 10 15 20 25 30 
Angle of Attack, deg. 
Figure 3 LIFT COMPARISON, M = o . ~  
c) AOA = 17 deq 
d) AOA = 19 deq 
u 
e) AOA = 20 deq f) AOA = 21 deg 
Figure 4 VORTICITY CONTOURS, 6 
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Figure 8 REGION OF INCIPIENT FLOW REVERSAL 
NACA 0012-63, M=0.4, k=0.01 
. 
v 
Fiqure 9 REGION OF INCIPIENT F M W  REVERSAL 
Figure 10 REGION OF INCIPIENT FLOW REVERSAL 
NACA 0012, M=0.4, k=0.01 
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